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SUMMARY

As part of a general study of wing characterlstics at supersonic
gpeed, wind-tunnel tests wers conducted of three sharp-edge wing
modele having e thickness ratio of 5 percent and a common trianguler
plan form of ampect ratio 2. The models were designed to study the
eitects of variation in thickness distribution and cember with the
apex of the plan form both leading and trailing. Measurements were
made of 1litt, drag, and pltching moment at e Mach number of 1.53
and & Reynolds number of 0.75 million. The experimental techniques
are described and the measured data compared with the calculated
results of the inviscld, linear theory.

The experimental 1ift and moment curves were found to conform
easentially with the superposition principle of the lineer theory.
The lift—curve slopes for the swept—back and swept-forward wings (epex
leading and tralling, respectively) agreed with each other and with
the common theoretical value within an over-all ranges of about
10 percent. For the swept-back triangles, the moment—-curve alopes
(as referred to the centroid of plan-form area) were essentially zero
as given by theory; for the swept-forwerd triangles, the experimental
slopes indicated positions of the asrodynemic center noticeably
forwerd of that predicted by the linear theory. For the cambered
wings, the experimental valuss of the angle and moment at zero 1ift,
the camputation of which was not attempted, were seen to be in quali-
;ative accord with what is known of the general nature of the flow

Displacement of the maximum thickness for the swepi—back
triengles forwerd from the 50-percent to the 20-percent chordwlse
station did not reduce the measured minimum total drag in the way



NACA RM No. ATILO

that theoretical considersations of the pressure drag alone predict.
Supplementary liquid—film tests indicated thet this condition was
the result of changes in the extent of turbulent flow in the
boundary layer. For a given wing model the measured minimm drag
was found to be essentially independent of the direction of sweep.

Rounding the leading edge of the swept—back wing with meximum
thickness at 20-percent chord reduced the drag dus to angle of
attack by a small amount and correspondingly intreased the maximum
1ift-drag ratio, démonstrating the possibility of aerodynamic gains
from the leading-edge suction predicted by theory.

INTRODUCTION

The problem of the finite—span wing at supersonic speeds is
currently the subJect of study by numerous investigators. At the
present time, methods for the theoretical treatment of the problem
have been firmly established and are receiving increasing applice—
tlon in design. Experimental investigation i1s, however, at a
relatively undeveloped stage. To aid in this development an experi—
mental study has been made &t supersonic speed of approximately 30
wings of varying plen form and section. The present paper, which is
concerned primerily with the effects of section variation for wings
of a given trianguler plan form, is the first of several papers
covering thls general study. Subsequent papers will discuss the
infivence of aspect ratio, taper, and angle of sweep for a wilde
range of wings. The present paper also constitutes part of a
coordinated study of trianguler wings of low aspect ratio through—
out the range of possible flight conditions (references 1, 2, and 3).

The material included in the present report is concernmed with
triangular wings of aspect ratio 2, both swept back and swept
forward, at a Mach number of 1.53, a combination which places the
leading edge of the swept-back wing well within the Mach cone from
the apex. The experimental data are analyzed to check the results
of the linear inviscld theory, to determine how the predictions of
theory concerning the relative merits of wings of different section
are modified by the effects of viscosity, and to learn something
of the effects of cember. As a basis for both this and later papers,
matters of general experimentel or theoretical importance are
described in detall.

' The wing of trianguler plan form was chosen for the most
intensive consideratlion in the general supersonic study both because
of the attention such wings are receiving for practical application
and of the relative ease with which they can be analyzed theoretically.
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The trlangular wing with apex leading, which for convenlence willl be
called the "swept—back triangle,” has already been studied by a
number of investigators on the basis of the linear theory, which
allows separate conslideration of the effecta of thickness, camber,
and angle of attack. Jones, in reference U4, has calculated the
cheracteristics of a flat plate of this type on the assumption of
constant pressure along radisl lines passing through the apex
together with a small spex angle. It was found that the pressure
distribution over the surface shows an infinite peak at the leading
edge and that the aerodynamlc -center coincides with the centroid of
plan~form erea. It was also found that, as a result of the leading-
odge suction assoclated with the pressure peak, the resultant force
lies balfway between the normal to the undisturbed air stream and
the normel to the surface. Certaln of the results of this theory
heve been checked experimentally by Ellis and Hasel as reported in
reference 5.

Jonss' simple theory for the 1ift has subsequently been extended
by Stewart (reference 6), on the basis of the conical—flow theory of
Busemann (reference T), to include any apex angle comtained within
the Mach cone., The 1ift distribution for this case is found to be
the same as that determined by the simpler theory except for
mltiplication by & factor which depends on the ratioc of the tangent
of the wing semlapex angle to the tangent of the Mach angle. This
result has since been derived by other investigators using different
mathematical methods (references 8 and 9). The drag due to 1lift for
the same case has been given by several authors (references 8, 10, and
1l). It is found that as the semlapex angle increases relative to
the Mach angle, the resultant force incllines progressively back from
its previous position midway bPetween the normals to the alr stream and
the surface. When the leading edge reaches the Mach cone the
resultant colncldes wlth the normal to the surface.

The 1ift of a swept-back trisngle with leading edge ahead of
the Mach cone has been discussed by Puckett (reference 12) who
found that, despite its nonuniform 1lift distribution, such a wing
has the same lift—curve slope as a flat plate in two-dimensional
supersonic flow. As in the two-dimensional cese, the resultant
force is normal to the plete.

The drag due to thickness for a swept—back triangle of uncambered
double-wedge section has been determined by Puckett (reference 12)
and by Puckett and Stewart (reference 1ll) for the complete range of
sweepback angles of both the leading edge and the ridge line. It is
found that the pressure drag cosfficient of such & wing may be either
greater or less than that of a two-dimensional alrfoll, If the

leadling edge and the ridge lﬁ ie both swept sufficiently behind

R -
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the Mach cone, the pressure drag may be less than half the two—
dimensionel value,

The triangular wing with apex trailing, which will be referred
to as the "swept—forward triangle,” has received little attention
elther theoretically or experimentally. Von Kdrmén (reference 10)
indicates that to a first order the minimum pressure drag for an
uncambered wing of given shape 1s Independent of the direction of
motion. Thus e swept~forward triangle should have the same minimum
pressure drag as the corresponding swept—back triangle already
considered by Puckett. The effect of camber for triangular wings
has received 1little attention, except for the speclal case of the
uniformly loaded swept~back triangle (reference 9). :

SYMBCLS
b wing span
e wing chord measured in streamwise direction
- > b/2 .
Cq mean aerodynamic chord s d/\ c2 db
e}
Eg mean geometric chord (S/b)
A

Cr wing root.chord
Cp total drag coefficient ”
CDgg pressure drag coefficient of flat surface due to own =

pressure field - —
CDac pressure drag coefficient of flat surface due to pressure

field of cambered surface
ChDec pressure drag coefficient of cambered surface due to own

presgure fleld _
CDba pressure drag coefficlent of cambered surface due to

pressure fleld of flat surface
Coe friction drag coefflicient .
Cpy rise In drag coefficient above minimum (Cp—<CDpyip)

Chyin  Dinimum total drag coefficlent

Cpy pressure drag 1i0uslto thickness
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Cfturd low~speed skin—friction coefficient for turbulent flow at
Reynolds number based on mean geometric chord of entire wing

C'flam' low—speed skin-friction coefficient for laminar flow at Reyrolds
number based on mean geometric chord of laminar area

C'ftur-b low—-speed skin—friction coefficient for turbulent flow at Reynolds
numbsr based on mean geocmetric chord of laminar area

Cy, 1ift coefficient
CLa=0 1ift coefficlent at zero angle of attack
CLg 1ift coefficient of flat 1ifting surface

CLopt 1ift coefficlient for maximum lift-drag ratio

% lift—curve slope (per radian unless otherwlse specified)

ACy, change in 1ift coefficient from value for minimum drag,
(CL—CLDemin)

Cm pitching-moment coefficient about centroild of plan—form area

with meen serodynamic chord as reference length
Cmye0 moment coefficlent at zero lift

Cme=0 moment coefficient at zero angle of attack

— moment-curve slope

Iﬁ) maximum lift—draé ratio
max

m ratio of tangent of wing semiapex angle to tangent of
Mach angle (f ,\/.Mz—a:l_.)

M, free—stream Mach number

P local -static pressure

Ap local wing loading

Po free—stream static pressure

P pressure coefficient <£-—-—>
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a5 free—stream dynamic pressure

Re Reynolds number based on mean geometric chord of wing

S wing plan—form area

Siam area of laminar flow on one surface of uncambered wing at

zero angle of attack

t maximum wing thickness

X distance back from leading edgs of root chord

x distance back from leading edge of root chord to aerodynaﬁic.
center

oA angle of attack, radiens

a1-0 angle of attack at zero 1lift, radians

Oy rearward inclination of force due to angle of attack on

unceambered wing, radians

kg angle ratio (o, /a)

APPARATUS AND TEST METHOIS

Wind Tunnel and Balance

The investigation was conducted In the Ames 1l- by 3-foot
Supersonic Wind Tunnel No. 1, which 1s fitted temporarily with a
fixed nozzle designed for a Mach number of 1.5 in a 1— by 2% —foot
test section. The tunnel, as well as the balance and other instru—
mentation, is described in detail in references 13 and 1k. A cut~-
awey drawing of the strain—gage balance is given in figure 1. The
balance as used in the present investigation was the same as in the
tests of reference 13, except that the pitching moment was obtained
from strain-gage meesurements of the bending moment in the sting
support rather than from the reactions on the main balance springs.
This bending moment, together with the 1ift as msasured by the
gprings, determines the pitching moment about the reference axis of
the model with greater accuracy than did the previous arrangement.

Models and Supports

A photograph of the models and the supporit body is given in
figure 2, The dimension Rf -'iigﬁ.od body are shown 1in figure 3.
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Three wing models were employed in the investigation, all having
& trienguler plen form of aspect ratio 2. The airfoll sections for
all three models were of the double-wedge type with a maximm
thickness of 5 percent of the chord but with different thickness dis—
tribution and different camber. For the uncambered models (T—1 and
T-2), the position of maximum thickness was located 20 and 50 percent
of the chord, respectively, from the swept edge of the triangulsr plan
form. Maximmm thickness for model T-3 wes at 50 percent of the chord,
but the airfoil was cambered such that the sectlion profile was an
isosceles triangle.

The models and support body were designed so that a glven model
could be tested either as a swept-back or swept-~forward wing. The
two different wings so obtained are distinguished by adding the
prefix "SB" or "SF," respectively, to the model designation. When
congldered as a swep'b—'ba.ck triangle, the plan form has a sweep angle
of 63926' at the leading edge, which places this edge well within
the Mach cons from the apex at the test Mach number of 1l.53. Wings
SBT-1l and SBT-2 were laid out with the ridge line swept respectively
behind and ahead of the Mach cone to check Pucketi's theoretical
results concerning the minimm drag of swept—back triangles. The
swept—forwaerd wings SFI-1 end SFI-2 then provide examples for
checking von Karman's theorem that the pressure drag due to thickmess
for a wing or bhody of polnted profile is to a first order independent
of the direction of motion. Wings SBT3 and SFI-3 afford an indicea—
tion of the effects of camber for the swept~back and swept—Torward
'bria-'ﬂSJ-eSn

The modsels were made of hardensd, ground tool steel with the
leading and tralling edges malntained sharp to less than a one—
thousandth—inch radius in most of the tests. In later tests of wing
SBT—-l, the leading edge was progressively rounded in an attempt to
realize the leadling-edge suctlon predicted by theory. In ons test
the rldge of wing SBT-1l was also rounded for a dlstance of 5 percent
of the chord fore and aft of the ridge to investigabe the effects of
such change on the minimm drag.

The body used to support the wings consisted baslcally of an
ogive nose of approximately 19 calliber followed by & cylindrical
afterbody the base of which was somswhat enlarged to fit the support—
ing sting. The body was kept as small as possible comsistent wilth
the requirements that it could be used wlth a wlde range of plan
forms and that 1t would sllow a given wing model to be tested in two
directlions. The body used in most of the tests was mounted on the
sting at an angle of incidence of 3°, which, together with the +5°
angle range of the balence, provided a range of nominal angles of
attack for the wings from —2 to 89, For a single test of wing SBT3
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at higher angles, a second body with an angle of incidence of 11°
was used to provide a range from 6 to 16°. To accomplish this an

increase in the size of the base was nscessary on the 11° body.

The wings and body were mounted on the belance as illustrated
in figure 4, vwhich shows wings SBT3 and SFT-3 installed for testing.
The location of the models in the test section was the same ss for
the wings reported in reference 1l3. The sting supporting the model
wag enclosed in a conlcal balance cap which extended to wlthin
3/64 inch of the base of the body. The interference of this cap was
taken into account ss described later.

Test Methods

Force teosts.~ The force tests, which constituted the major part
of the experimental lnvestigation, were made Iin essentially the same
menner as the tests of references 13 and 1lk. As in reference 13, the
nmesgurements were confined to the determination of 1ift, drag, and
pitching moment. In the present investigation the specific humldity
in the tunnel was maintelined at all times below 0.0002 pound of water
per pound of air.

Because of the possibility of error due to the appreciable
deflesction of the support system under losd, two lndependent methods
were used to determine the angle of the model reletive to the
horizontel center line of the tunnel. The primary method was by
observatlion with a telescope of the rotation of a reference line on
the model during the test, the zerc angle having first been established
under static conditions by msans of a dial indicator and a cerefully
loveled surface plate on the floor of the test section. This optical
mothod has the advantage of directness but depends to a large degree
upon the skill of the operator. The gecondary check method, described
previously in reference 13, entalled the addition to the nominal
angular setting of a deflection allowance calculated from the
meesured 11ft and a predetermined elastic constant. The results of
the two methods were compared in each test; in those cases in which
a discrepancy was apparent the test was repeated. The measured
angles woere finally corrected for a small, experimentally determined
gtream angle ee described later.

Liquid—film tests.— As a supplemsnt to the force tests,
observations were also made of the location on the wings of the
trangition from laminsr to turbulent flow in the boundary layer.
This was done by an adaption of the liquid~film method originally
developed by Gray (reference 15) for use in subsonlc investigations.
This method utilizes the fact that the rate of evaporation of a

O T TR T R
T e AT W -
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1iquid £ilm on the surface of the model is generelly greater where
the boundary layer is twrbulent then where it 1is laminer,

In the present tests, the model was first coated with flat black
lacquer of the type used on photogrephic equipmsnt, the lacquer being
applied with an air brush after having been thinned sufficiently to
make this possible. Immedlately prior to lnstellation in the tunnel,
+the model was ageln sprayed by means of the alr brush with a llquid
mixture composed of glycerin, alcohol, and a liquid detergent in the
retio of 1:9:2 parts by volume. The glycerin 1s the actual evaporating
agent in the test; the alcohol, which disappears quickly after appli-
cation, is added eas a thinner to allow spraying with the air brush;
the detergent is used to facilitate the wetting of the model surface.
As a control experiment, the lacquer and liquid coetings were tested
on a body of revolution for which the transition from laminar to
turbulent flow could be detected, as described in reference 1k, by
schlieren observetion of the shock—wave configuration at the base.

It was found that the coatings do not themselves alter the flow in
the boundary layer.

After application of the liquid £ilm, the model was run at the
desired test condition for a sufficlent time to cause the £ilm to
evaporate completely in the turbulent reglion but remain moist over
most of the laminar areas. The difference in rate of evaporation
between the two areas was sufficiently great to allow considerable
variation in this time without essential alteration of the results.
Upon removel from the tunnel, the model was dusted with coarse telcum
powder which adhered to the laminar but not to the turbulent area,
thus increasing the visuel contrast between the two regions. The
excess powder wae then blown off with a dry Jet from the alr drush,
end the model photographed.

Photographs of both a body of revolution and a wing after testing
in this menner are given in figure 5. A band of salt crystals was
applied on both the body and the wing to cause transition to
turbulence in a region in which the flow would otherwise be laminar,
The dry area downstream of the salt crystals is apparent. Small
dry areas also sppear Just aft of the nose on the body and of the
leading edge on the wing, regions in which the leminar boundary
layer is very thin and the surface shear accordingly very high. This
local drying is the result of the viscous scouring and the high
localized rate of evaporation which accompany this condition. In
some cases, the otherwise dry turbulent area aft of the transition
point may be streaked with streamers of excess liquld blown back
from the leminar reglon. These streamers may at times be used as a
valuable indlcation of the direction of flow within the turbulent

boundary layer.
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Schlieren observatlons.— Side-view schlieren photographs of the
wings throughout the angle range were teken concurrently with the
force tests. Plan-view photographs at zero angle of attack were taken
during speclal eddltlionsl runs.

ANATYSIS OF DATA
Corrections to Experimental Results

Interference of support body.- The results of the force tests

have been reduced to coefficlent form by the procedure described in
reference 13. No correction has been applied for the tare and
Interference effects of the support body. For the minimum drag in
particular, such effects may be considerable end must be taken into
account before s conclusive comparison ¢an be made between the
mpasured velues and the theoretical results for the wings alone.

A detailed study was made in an abttempt to accomplish this; however,
because of the present uncertainty of the numerous drag correctlons
which 1t is possible to name or estimate, 1t was concluded that
corrected drag values would not constitute a necessarily closer
approximation to true wing-alone data than do the uncorrected results,
More importent, 1t was found that consistent inclusion or omission of
any or all of the corrections does not alter in any way the general
conclusions of the investigation. The drag data are therefore
rresented uncorrected and must be regarded as gqualltative In comparison
with the theoretical calculations., To be consistent, the 1lift and
moment data are llkewlse presented uncorrected, although 1t was
apperent from the detailled study that the corrections to these
quantities would not be large and could be made with reasonable
accuracy.

As a matter of interest, the asrodynamic characteristics of the
support body tested with a flush flller strip in place of the wing
are shown in figure & for the bodles of both 3° and 11° angle of
incidence., For comparison with the characteristics of the combina~
tions, the coeffliclents are referred to the geometry of the wing plan
form (see Results and Discussion); the moments are here taken about
the trensverse axis indicated in figure 3. The fallure of the curves
for the two bodies to Join is caused by the differences in geometry
Just forward of the base., The 1ift on the body alone is relatively
small; but, a8 can be seen by comparison with later results, the
minimm drag is equal in certain cases to a third of the drag of the
wind-body combination. The moment taken sbout the body reference
axis is small. When referred to the position of the axes for the
wings (fig. 3), it is negligible for the 3° body and very small for
the 11° body.
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It should not be assumed that direct subtraction of the aero—
dynamic coefficients for the body alone from those for the wing-body
combinations will glve an accurate aspproximation of what would be
obtained if a wing could be tested alons. The detailed study of the
problem indicates, in fact, that in the present case such a procedure
would lead to overcorrection of the results. In reference 13 the
reverse process of adding the resulis from Individual tests of two
wings of aspect ratio % and several relatively large bodles was
found to give 1lift and drag curves in reasonable agreement with those
obtained by tests of the wing-body combinations. This result may,
however, be peculiar to wings and bodies of the general type considered
in that investigatlon and is not necessarily applicable to the config—
wrations of the present study. The reasons behind this are discussed
under General Remarks near the end of the report.

Interference of balance cap.— Independent tests of the effect

of e rear support upon the drag of bodies of revolution (reference 1k)
indicate that for a body without boattailing the lnterference effect
of the support ls confined to the base of the body. It therefore
appears reasonable to assume in the present tests that the Inter—
Perence of the balance cap 1s not appreciable except with regard to
ity effect on the pressure on the base of the support body. This
latter effect may, however, differ for the various wings as the
result of differences in the wake from the wing and the wing-body
Juncture. In order to make the results comparable in this regard,
the base pressure was measuréd 1n each test and the drag data
corrected to a common base pressure equal to the static pressure of
the free stream.

Stream angle.— A correction of always less than $0.15° has been
applied to the reasured angles of atback to account for differences
in stream angle at the positions occupied by a model at different
nominal angular settings. Thls condition was noted when the
wncorrected results for tests of the same alrfoll at itwo longitudinal
stations in the teat section dlsagreed by approximately 11 percent
with regard to the slope of the 1lift curve. Application of the
stream~-angle corrections, which were obtained by measurements of
the pressure difference between two sides of a calibrated wedge,
brought the slopes into agreement.

The sbream—angle correction was found necessary subsequent to
the tests of reference 1l3. For comparison with the results of the
present tests, the slope of the 1lift curves in reference 13 should
be reduced by 5 percent at the Reynolds number of the present report.
The absolute velue of the 1ift cocefficient at an angle of attack of
+3° remains unchenged, since at this angle the model is at the
tunnel center line where the stream angle 1s zero.
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Drag corrections for the longitudinal gredient in the stream . .-
were celculated on the same basis as in reference 1l and found to
be negligible.

Altered geometry of modified wings.— The modification of wing

SBT-1 by rounding the leading edge was accompanied by e small change '
in the plan form. The asrodynamic coefficients for the modified
wing were camputed in each case on the basis of the true geometric
properties of the altered plan form. The modificetion also entailed
a small unavoldable increase in the thickness ratio of the wing
section. This increase in thickness ratio results in an increase in
the pressure drag which 1s not properly attributable to the leading
edge rounding as such. To correct for this effect the measured drag
of the modified wing was adjusted back to the originsl thickness
ratio of 5 percent by subtracting from the measured drag coefficilents
a small correction

ACD.th M-)I;—l = C:Dt —L—(tc)ra—l (1)

(t/e)e 0.0025

Here Cpt 1s the theoretical drag due to thickness for the original
wing, and the subscripts r and a refer to the real and adjusted
thickness ratlos for the medified wing. This assumes thet for the -
thickness distribution of the modified wing the pressure drag is
proportional to the square of the thicknegs ratio, and that the
constant of proportionality has the same theoretical velue as Ffor the
thickness distribution of the original wing. Remaining differences
botween the drag of the original and modified wings are then reasonsbly
attributeble to the change in thickness distribution itself; that is,
to the leading-edge rounding. The resulting correction, while
slgnificant for later wings in the general investigation, amounts

to only 1 percent of the measured minimum drag for wing SBT-l.

Precision

The preclsion of the experimental date has been evaluated by
estimating the uncertainty involved in the determination of each
1tem which affects the results. The uncertainty of the final results
is then taken as the square root of the sum of the squares of the
individual values. A detalled account of this evaluation is given
in Appendix A. The following table lists the final uncertainty for
two values of the lift coefficient:
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Uncertainty Uncertalnty

Quantity for CL, = 0O for Cr, = 0.4
Lift coefflcient +0,002 +0.005
Drag coefficlent £ ,000h t ,0016
Pitching-moment coefficient t ,002 * 011
Angle of attack + »110 £ ,15°

The uncertainty for the lift-drag ratio is t0.24 for values in the
vicinity of the meximum. The estimated uncertainty in the Mach
nunber is *0.01 and in the Reynolds number £0.01 million.

The magnitude of the experimental scatter characteristic of the
investigation is indicated in several of the figures (e.g., figs 9(c)
and 10(b)) which include the results of check runs made at wide
intervals of time by different operating persommel. The accuracy
of the present results is in general superior to that of the wing
data of reference 13 for the same level of tunnel pressure. No
comparison should be made between the moment data of the present
report and those of reference 13, since the latter results are now
known to be unreliable as the result of defects in the balance.

THEORETICAL CALCULATIONS

e theoretical characteristics of most of the wings of the
general investigation have been calculated using the linear theory
of supersonic flow. As a bagis for the detailed computations of this
and later papers, a preliminary review of the general results of the
theory is advantageous.

Gensral Conslderations

To the order of accuracy of the linear theory, a glven cambered
wing at angle of attack may be treated, so to speak, as the sum of
three component wings all of the same plan form as the glven wing
but differing in airfoll section. This procedure can be 1llustrated
as follows: : . _ o
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R The given wing at angle of attack
&<

- equals

I (1) an uncambered wing of the
same thickness distribution as

'<>" the given wing and at zero angle

of attack,
+ plus
(2) a cambered surface of the same
—— T contour as the meen surface of the
glven wing and at zero angle of
attack,
+
plus
051\ (3) a flat 1lifting surface at
— the angle of attack of the given
wing.

It is convenient to denote the theoreticel pressure dlstribdbutions for
the three component wings as the pressure distributions due to thick—
ness, camber, and angle of attack, respectively. The pressure dlstri-
bution for the complete wing is the sum of the pressure distributions
for the component wings.

On this basis, the equation for the 1ift curve of the complets
wing can be written

s (@) (o) (8 [oagdy] @

The lift—curve slope (dCr/da) is determined completely by the plan
form of the flat lifting surface; the 1lift at zero angle

depends on the plan form and contour of the cambered surface. The
angle of zero lift oy-0 18 likewlse a function of both plan form and
camber.
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The equatlion for the curve of moment versus 1lift can be written

Cm = Cug,_g + (g—gf)CL (3)
where
dc
Cug—0 = Cmo=0 — (EC% CLa=0 (%)

Here, as before, the slope of the curve (dCm/dCI,) depends solely
on the plan form. It is numerically equal to the distance (teken
positive toward the leading edge) from the moment axis to the
aerodynamic center expressed in terms of the mean aserodynamic chord.
The moment at zero angle Cmg-g &and hence also the moment at zero
1ift Cmr,=0 depend on both the plan form and camber.

To derive a drag curve which includes the effects of friction,
it i1s assumed that the viscous forces may be introduced without
altering the pressure distribution given by the linear theory. It
1s then convenient to divide the total drag obtained by integration
of the pressure and viscous forces over the complete wing into six
components according to the equation

Cp = Cpp + Cpg + CDge + CDgg + CDge + CDgg

The friction drag coefficient Cps is assumed to be independ—
ent of the angle of attack. For the uncambered wings of the present
report 1lts value at zero angle vwas estimated from the equation

Cpr = 2 [Cftu.rb - §lsa.m; (c'fturb - C'fLa.m)] (5)

This assumes that the characteristics of the boundary layer after
transition are the same as if it were turbulent the entire distance
up to the transition point.

The terms CDt, CDgc, and CDgg are the contributions to the
pressure drag of the three component pressure fields each acting on
its own elemsntary wing. The flrst two are independent of angle of
attack. The term Cp,. represents the drag of the elementary flat
wing due to the pressure field of the c